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ABSTRACT

A METHODOLOGY TO REPAIR OR DEORBIT LEO
SATELLITE CONSTELLATIONS

Goksel Gurgenburan
Old DominionUniversity, 2011
Director: Dr. Robert L. Ash

In this thesis, mitigation of space debvisis-is addressedy examining an
approach for repair or eerbit of a specific population of nefanctional Low Earth
Orbit (LEO) satellites. Basic orbital mechanipsopagation of the orlsitwas used as
the process for computing a solution to the time iatetceptposition forthe targeted
satellites. Optimal orbital maneuvers to reach the target satellitem a pre-

established orbitwvas-were also considered. In hi s way mi ni mum &V budget,

rendezvous time and mass budgetre managedThe Clohessy/iltshire Equations

and tweimpulsive rendezvous maneuversresused to determirtbe orbital pathof a

chase satellite betweentwo position vectors along with the time of flight. A

monopropellant propulsion systemas asumed in orderto estimate propellant mass

requirementsThis methodologycan be applied ta variety of satellite constellations,
asimplementedusing MatLab andAnalytical Graphics, IncSTK software.Several

caseswere investigatedin the study.Simulations shoed that the methodology can

provide guidance for theendezvous procesfcilitating ami ni mum @&V budget and

minimum rendezvous time.
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CHAPTER 1

INTRODUCTION

On October 4, 1957, Sputnik I, the Russiaade spacecraft was placed in
Earthd erbit. It was the first mamade Earth satellite in history. In just a few decades
satellite technology has advanced to the point where it has become a critical element
in supporting international communications. The development and advancement of
satellte technology has played an important and pivotal role in nearly every field of
modern human lifeincluding évil and military communication, navigation and
observation, remote sensing, broadcasting, scientific experiments, mapping, providing
weatherinformation,and so on. The utility and securifyr all satellite applications
depends on three space environment related fa¢igrsecure access to an orbital slot
for each satellite;(2) secure access to a radiequency allocation to allow
communtcation with each satellite; an@®) security against space debris with the
capability to damage or destrthye satellite. Reduction of the orbital debris threat to

existing and future spacecraft is the focus of this thesis.

1.1 Problem Motivation and Desdption

A]..1.]. Space Debris and Risks [Formatted: Font: 12 pt

Every space launch creates space debris, just as every operating terrestrial
vehicle creates p odurfacetandoin its atmosphehedfhe Ear t ho6 s
development and utilization of spaderived infrastructure has pe advantages, but
as the variety of space applications and the associated population of orbiting platforms
grows, the potential for catastrophic collisions between orbiting objects increases
simultaneously. Many countries have the capability of puttiracepraft into orbit,
and depending on the orbit and the orbital insertion methods, a variety efnade
objects have become fAsermencusefulifuncdon ih spaoe.en t hough t hey
Furthermore, depending on the orbital characteristics axbdal lifetime of each

object, much of the population of mamade orbiting material becomes space debris.

Space debris can be divided into two types: (1) natural space debris, consisting
of small pieces of cometary and asteroidal material called meteoroids(2and
artificial space debris (also known apace waste, orbital debreg space junk



consisting of all objects in Eadh®rbit that were created by humans and that no
longer function as operational satellitesMan-made pace debris consists of
everythihg that belongs to satellite systems, such as spent rocket bodies and stages,
solid propellant slag, dust and liquids from rocket motors, defunct or failed satellites

(dead satellites), explosion and collision fragments and paint flakes.

Martmade spacedebris is divided into four main groups: spent rocket bodies
(R/ Bbés), mi s s i o n-uprfragments,eadd neéiv@dbianal spaceckaft. e a k
These space debris populations have different size distributions, as shown in
Figure 1.1.

NF S/Cs, R/Bs

Breakup Fragments

Mission-related Debris

NaK
Al,O; Al,0; (slag)
Paint Flakes
Meteoroids
I I T I I 1
10 um 100 um 1mm 1cm 10cm 1m 10m

Size (diameter)

Figure 1.1 &e Rangeof Space Debris Types

Spacecraft are particularly vulnerable twllisions with space debris.
Beginning with the first launch into orbital space, the accumatatpopulationof
space debris has increased every year. Since the launch of Spufifk7, over
36,761 marmade objects have been cataled; many have since fentered the
atmosphere. Currently, the Space Surveillance Network (SSN) tracks more than
22,000 marmade objectorbiting the Earthwith characteristic dimensions of 10

centimeters or larger. About five percent of the tracked objects are functioning



payloads or satellites; eight percent are rocket bodies; and about 87 percent are
fragmentatiorobjectsandinactive satellites However the overwhelming majority of
debris in Low Earth Orbit (LEO) is smaller than déntimeters and is too small to be
verifiably tracked and catalegd’. There are tens of millions of objectsith
characteristic dimensiorsetween 1 and 0 centimeters (i.elarger than a marble),

and perhaps trillions of pieces measuring less trencmi. Even tiny fragments of
space debris can harm operational spacecraft due to the high relative velocities that

canoccurduring inorbit collisions.

1.1.2 ManMade Orbital Object Population Growth [Formaned: Font: 11 pt

A computergenerated image comparison of rraade objects in Earbherbit
in 1956 (none, on the left) with January 2011, is displagigdre 1.2.

Figure 1.2 Compariso8pace Debribetween 1956 2011

The orbital debris dots are scaled according to the image size of the graphic, in order
to emphasize their locations and are therefore not scaled prodesiever, hese

images provide a good visualization of regions of greatest orbital debris density.

The rate of increase in the population of orbiting space debris with iEme
represented in Figure 1.3. Space debris is a growing problem and threat to the
approximately ong¢housand functional and operational satellites belonging to more

than 40 countries at this time.
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Figure 1.3 Monthly Number of Objects in E&rt®rbit by Object Type

Space debris travels in a variety of orbits and is affected by various
perturbation forces, including the effects of the Earth's atmosphere, gravitational
perturbation effects, and solar radiation pressAe.orbital altitude increases, the
influence of the atmosphere in accelerating orbital decay becomes small, and
typically, large objects in orbits higher than approximately 600 km can remain in orbit
for tens, hundreds, or even thousands of Ye&@pace debris has the potential to
directly threaten space security since it increases risks associated with accessing and
using space. On averagmlliding objects inlew-Low Eartherbit-Orbits (LEO) have
relative velocities of about 10 kilometers per second (about 36,000 kilometers per
hour). Thus, the impact from a 1 kilogram (10 centimeter diameter) object in LEO
with this relative velocity is equivalent to that of a 35,000 kilogram truck moving at
190kilometers per hour on earth. A collision with a debris fragment of this size could
therefore result in the catastrophic bregkof a 1,000 kilogram spacecraft (a typical
spacecraft bus weighs about 1,200 kilogrdma)l spacecraft routinely experience
collisions with particles smaller than 1 millimeter in diameter, but with rare

exceptions, such impacts do not have highly deleterious effects.



As mentioned above, space debris risks are escalating at present and future

‘ manned and unmanned space missiofisbsiirhavegreatemeririsk involved Table

1.1 summarizes thsignificant known unintentionalcollisions between objects in

space.

The term fAcataloged debriso

‘ detected and tracked from the grotind

generally

Table 1.1Unintentional Collision Chronology between Significant Space Objects

YEAR COLLISION DESCRIPTION

1991 Inactive Cosmos 1934 satellite hit by cataloged debris from Cosn
296 satellite.

1996 Active French Cerise satellite hit by cataloged debris from Ariane
rocket stage.

1097 Inactive NOAA 7 satellite hit by uncataloged debris large enough
change its orbit and create additional debris.

2002 Inactive Cosmos 539 satellite hit by uncatalodebris large enough
to change its orbit and create additional debris.

2005 | U.S. rocket body hit by cataloged debris from Chinese rocket sta

2007 Active Meteosat 8 satellite hit by uncataloged debris large enoug
change its orbit.

2007 Inactive NASA UARS satellite believed hit by uncataloged debris
large enough to create additional debris.

2009 | Active Iridium satellite hit by inactive Cosmos 2251.

After a collision, a debris cloud is created similar to that shown schematically

in Figure 1.4. There are two debris clouds in this case; one is associated with

fisateliteSatellitel 6 and t he ot h eseielliieSatelates?sdo. ¢ iFatgeudr ewilt. 4 i

shows how the two clouds follow the orbits of the original satellites. As depicted,

when the two orbits are perpendicular to each other, the space debris from the

collision becomes a global problem threatening all satellites that passhisiouitar

orbital altitudes.

refers



Debris clouds after 9 minutes Debris clouds after 10 days

Debris clouds after 6 months Debris clouds after 3 years

Figure 1.4 Debri€loud History After-after Fhethe Collision of aNon-functioning
CosmosSatellitewith a Functioning Iridium Communications Satelfite

Medium Earth Orbits (ME€) between D00 km and about 3800 km are
emerging as a nefocusin space debris studies, sint®se orbital altitudesontain
the navigation satellite constellations; for example, the Global Positioning System
(GPS) constellation, used to locate with high accuracy the position exfeaver on
the ground operates at a nominal altitude of 20,200 km. The vital role that this
navigation systenhas achieved foair and terrestrial transportation traffic control

makes these constellations ahdtthe orbital altitude correspondingly impadant. The




growing space debris problem will affect these important satellite constellatioas. On
orbit spatial density (objects per unit volume) represents the effective number of
spacecraft and other objects as a function of altitude. Spatial dengityesjiect to
altitudé for three different size thresholds:ludes objects with diameters larger than

1 mm (topredline), 1 cm (middlegreenline) and 10 cm (bottorblue line) andis
shown in Figure 1.5.

LEO
MEO GEO

On theorder of 1 mm
m-s MW/QJ\Q

1 mmto 10 cm

T 10 cm or larger

10’ | | | | |
a 05 1 15 4 25

Altitude [km] o

Spatial density of objects[objlkm3]

‘ Figure 1.5 Spatial Density @bjectsby Size as a Function of Altitufe

‘ Obviously, the total space debris population abo@®@ km can threatearitical
satellite constellations.

1.2 Turkeybs Space Projects (GOKTURK)

The development analdvancement of satellite technologyd its capabilities
provides more applications, not only for civil purposes suctelesisionand radio
broadcasting (TurkSat series), but also to support military objectives such as satellite
based communication, g&ltigence, observation missions and so on. Hence, the
Turkish Armed Forces has started the process of developing and deploying a very

high resolution Electr®ptical (EO) Reconnaissance and Surveillance Satellite that



will serve both military and civian purposes. After obtaining the necessary
assessment and approval by the Turkish Armed Foticeg)nder Secretariat of the
Defense Industry, the project was named @ukturk Projectand was initiated in

2005. The Turkish Armed Forces assigned authority tive project to the Turkish

Air Force—and—they—arewho is responsible for determination of technical
specifications for the satellite and its associated support systérasiurkish Air

Forces and Under Secretariat of the Defense Industry signed an agreement with Italian
Telespazio and Thales Alenia Space Association on July®2@0gendition of the

Gokturk satellite is shown in Figure 1.6

5 . A

Figure 1.6 Gokturk ReconnaissanSatellite

The Gokturk satellite has the following characteristics:

- Orbital-The abital period will be approximately 100 minutes (it will
complete 14 orbits per day) and it will make observations all over the
world,

- An electreoptical camera systewith 4-band multispectral (color) and
panchromatic (black and white) images,

- Sun-A sun synchronouslew-Low Earth erbit-Orbit (650-700 km) for
proper target lightingand

- Ability—The dility to operate in point, stereo, strip, and wide area

observationnode§. [Formatted: Font: Bold




- - Formatted: Indent: Left: 0.75", No bullet:
or numbering, Tab stops: Not at 1.09"

The general technical propertifes its ground station will bé&:

- Satellite ground command and control systems,
- Reconfiguration of satellite position and tasking, mission loading and
image downloading,
- Image processing, assessments, senai
- Planning image requisitions, archive assessments and distribution of
images.
The general and primary objectives of the Goktoitject will be to provide
the necessary support for the Turkish Armed Forces. The satellite is expected to
support additional functions associated with preventing terrorism while providing
i maging and reconnai ssance aisschedledtoce to Tur keyods
enterits-orbit in 2014.

While Turkey is just starting its space program, it has a progressive
comprehensive plan for developing space technology. As a -fgréng nation,
Turkey will need to be involved in space programs relatespsee debris mitigation,
supporting such countries as the United States (National Aeronautics and Space
Administration), the European Union (European Space Agefiggnzia Spaziale
Italiana, German Aerospace Center), Japan (Japan Aerospace Explorationypge
and the others members of the Irfggency Space Debris Coordination Committee
(IADC).

1.3 Review of Previous Research on Debris Mitigation

In this section, previous research related to characterizing and remediating the
space debris problem will bdiscussed. In addition, the possibility of orbital
rendezvous and repair of inactive spacecraft will be explored, requiring a discussion
of literature related to terminal rendezvous between two spacecraft and the associated

development of spacecraft rembggstems.

1.3.1 Space Debris Hazards and Mitigation [Formaned: Font: 11 pt

Space access anthe sustainability of spaceelated missions are very
important contemporary issues. Accelerating space technology developments



10

continue, but those developments in space technologyeaéditional constraints on
further expansion. One of those constraints is the associated space debris problem. In
this section three space debris hazard and mitigatiotieswill be reviewed one
studysummarized techniguésr controllingthe growing mammade debripopulation

in Earthd erbits™®; one studyhas-produced arorbital debris hazard and environment
assessment for the satellite constellatibasid one study isan examinatiorof and

estimations of orbit lifetimgof manmade obgcts?,

Petrd® has discussed manade orbital debris control and mitigation,
concluding that it can be approached as a problem of correction or prevention.
Spacecraft shieldingefforts to retrieve derelict spacecraft and sweeper devices to
remove small dbris are corrective approaches for reducing the orbital debris
population. Provisions for setemoval of spacecraft and rocket stages and the
increased use of reusable space hardware are appropriate preventative approaches.
Orbital debris studies of Petrtd s g r o u pexamieed &y NASA dahnson Space
Center, approaching the problem using four general debris control techniques
1) Active-active retrieval of large objects, 2) provisions for sdiéposalincorporated
in new spacecraft, Jweeper devices to remove small debaisd 4) increasing the

use of reusable space hardware.

The approacifor active retrieval of large objects is to collect #anctional or
uselessdefunct satellites with an autonomous or remotely controlled dexterous

vehicle.That studyhandled the autonomous or remotely controlled dexterous vehiclel Comment[kBS2: What st udy ?
Author(s) (date) instead.

employing two deorbiting options® after the dexterous vehicle had grabbed the target
satellite. In the first option, it executed the-atbit maneuvewnhile linked with the
target satellite, then separated from the target satellite and reinserted itself into a

different orbit, allowing the discarded object toeent e r the Eartho6s atmosphere
Alternatively, the target satellites can be collected and maintained togethesafe

orbit for possible use as spare parts or raw materials. In the second option, the

dexterous roboexecutesexecutel an autonomous or remotely controlled rendezvous

with the target satellite themtachesttache a separate derbit device to thearget

object. The attached device might be aodait propulsion package or a passive drag

device.
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Designing for sefdisposal in new spacecraft is a useful approach for reducing
orbital debris as part of an integrated process. The integratedbid@evice could be
a propulsion package, a draggmentation system, or a combination of the'fwo
Launched spacecraft can have sk#posal devicegcorporatedas bus elements and
represering a small fraction of the total spacecraft mass. Three caseswamned
in terms of the mass penaltyoduced bythe propulsive d@rbiting device, assuming
specific impulse values of 250, 350, and 450 seconds and those results are shown in
Figure 1.7°.
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The mass fraction penalty increases with altitude, but the slope becomes relatively flat
‘ above 10,000 km. For circular orbits above 25,000 km, an escape from Bdsthis

less costly than a eerbit maneuvef.
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The use of sweepetevices to remove small objects is a concept for clearing
small size orbital debris. Large foditied balloons or large panels like the vanes of a
wi ndmi | | can be used as fisweeperso. However, these
they can sweep huge areasd launch, deployment, and maintenance of these very
large systems would require an extremely large investment. Currently, these devices
are not considered to be feasible and need more research and development.

Reusable space hardware is considatesibest solution for orbital space
debris mitigation. Single use satellites could be replaced by multipurpose space
platforms that can be repaired and upgraded periodically. Reusable orbital
maneuvering vehicles and orbital transfer vehicles could replaexpeadable upper

stages that litter the orbital environmént

Petrd® showed that drag devices can be competitive with propulsion systems
as a means of seffisposal for satellites and upper stages. The fact that the drag
devices do not require active rtocol makes them very attractive. Above 700 km,
propulsive systems may be the only practical option, but above 25,000 km, a smaller
&V is requiredto simply boostieaddefunct satellites out of Earth erbit rather than

to de-orbit them.

lll

Spencegt al** examined two categories of environmental impacts for satellite | Formatied: Font: Not italic

constellations: (1) the effects of satellite constellations on the space debris
environment and (2) the effects of the environment on the satellite constellations.
They developed a methodology assess the risk posed to and by a large satellite
constellation. In their computer simulation study, they assumed that a satellite
constellation included 800 satellites that were designed for-ged0 useful life,

starting in 2001. The constellation wasbe distributed in 20 orbital planes with 40
satellites per plane. The orbits were circular andssunthronous at 700 km altitude.

The ascending nodes of adjacent planes were spaced every 18 degrees around the
equatot’. They used several computandels and they categorized their results into
three risk components: lpngterm hazard assessment, 2) sienn hazard

assessmenand 3) intersatellite collision hazard assessment.

In Spenceret al #eir longterm assessments, they estimated tHésiom

probabilities for satellites and components. Based on the results of the study, the
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number of impacts from debris impacts greater than 1 mm overyaakOmission
lifespan was divided into upper and lower bound collision estimates for various

satelite element categories aigldisplayed in Figure 18

Cumulative
Number of Impacts
withDebris I mm

and Larger

0 Upper Bound
01_@‘1 Lower Bound
o W ‘@3 )
& ':) %(‘?, 6\:’@
S <o e

Figure 1.8 Average Number of Impacts on Representative Spacecraft evYeadO

Mission

From the long term assessments, they found that this large constellation could
expect a large number afmpacts with smaller size debris. They suggested that
manufacturers design these satellites incorporating shielded wires, cables, and other
vulnerable parts in order to protect them from probable impacts with millirsizied
debris during their operatiohbives. The functionality of the satellites can be assured
by proper hardening via shielding and redundahcy

Spenceret al §'Fheir short term study examined collisions and breakup
events near an operational satellite and the cascading effectssefdbllisions and
breakup events foa-the nearest satelliteFhey-The authorsassumed two types of
collision and breakup events. One case assumed that a collision occurred at the same
altitude (700 km) as the constellation satellite orbit and the other assumed that a
collision occurred at a lower altitude (663 km). For both brea#lipudes, the
collision probabilities for Lmm and larger fragments was plotted during the 24 hours

after breakup and is shown ifigure 1.9.
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Figure 1.9 Collision Probabilities 24 Hours after Breakup
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The numbers refer to arbitrary satellite numbers in FigureSh8nceret al “'Fhey
found from their IMPACT explosion modéfsthat the impact probabilities for

impacts from debris whit dimensions of 1 mm and largacreased by a factor of 60

Spenceeet al &"Sheir intersatellite collision hazard assessment utilized three
satellite collision time frames: 1) Normal operations, 2) Uncontrolleebrdi
operations and 3) Controlled-atbit operations. They made simulations
employing all hree scenarios and the results of their simulation showed that during
the controlled derbit of a satellite using lowhrust propulsion, the time duration of
the deorbit process @uld vary between 8 months and 5 years, depending on the phase
of the solarcycle. The time to descend through the constellatiaa estimated tbe
up to two years. Additional considerations such as variations in orbital spacing
(altitude, inclination, and eccentricitypald be utilized to further reduce collision

opportunitiesand decrease the collision risk

From the Spenceet al** comprehensive satellite constellation space debris | Formatted: ~ Font: Not Italic

assessment it is apparent that these events are an important consideration for
constellation satellite design and orbit management.

Finkelmanand Oltrogg& have examined the practical implications of the 25
year Low Earth Orbit posnission lifetime guideline. Satellite orbit lifetimes vary
with orbit characteristics, drggallistic) coefficient, and other characteristissich as
spacecrafprientation. There are many ways to predict a satelliteadiifgtime, but
unfortunately all of the prediction methods must be based on accurate predictions of
the long term spacecraft performance and detailed knowledge of theelomg
behavior ofthcear t hés at mosphere. Neither el ement can be
as a consequence, satellite lifetime predictions are extremely uncertain. The orbit
lifetime prediction method developed by Chao and Oltrbtjges been recognized by
international consens as the most useful and their generic lifetime predictions in
terms of initial orbit inclination, perigee altitude and the characteristic ballistic
coefficient of the object is shown in Figure 1}30This figure illustrates the

dependence of natural arbifetime with respect téhea 25 year guideline.
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Their results show that the orbital lifetime is extremely sensitive to orbital
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Orbit altitude isthe mostsignificant property foestimatingthe orbit lifetime.
The slope ofheFigure 1.11 shows the variation of estimated lifetime with the altitude
for satellites in 28 degree inclination aific:slopeis approximately 0.1 years/KfiSe
t This resulteansuggess thatthe satellite lifetime could be moteanor less than 25
years with an altitude change of just a fedwieters This isprebablymost likely
within the uncertainty of being able toaintain an orbit, andecoms worse at higher
altitudes, but it doesyt-not matter as much from the perspective of the IADC

guidelines, since objects in such orbits will require an active means of didhosal

The actual solar cycle strongly influences orbital decay. Finkelman and
Oltrogge? examinedthe-solar cycle influences on predicted orbital lifetime. They
assumed thahe same satellite was inserted initially on the same aerbii one year
intervals. Tk results were significantly different. Predicted satellite lifetimes were
halvedwhenlaunched around 2016ompared with the same satellite launched in the
same orbit in 2013 or 2022

They also considered the propellant mass necessary to lower tleersfiac
altitude in order to reduce its lifetime to 25 years, at the completion of its misision.
should first be noted that the propellant mass required either to kewerbitor
maintainan orbit is relatively small. However, at an 800 km circular altitude, for
example, the propellant requirement for orbit loweiimgrderto comply with the 25
year lifetime is more than ten times the requirement for remainitigeioriginal orbit
for another year. In other words, an operator could buy 10 years more orbit lifetime by
employing the same propellant mass required to dispose of the satellite within 25
years. Since the major reason for end of mission is propellant depletion, this is a
tempting tradeoff?.

A strong case can be made for refurbishing inoperable communications
satellites inlew—Low Earth erbitOrbit, rather than derbiting those satellites.

However, the risks associated with an unintended collision between an inactive
communicatns satellite and a robotic repair spacecraft must be minimized. A great
deal of research has been devoted to minimizing the risks associated with orbital

rendezvous and will be summarized in the next section.
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1.3.2 Terminal Rendezvous between Tw8pacecraft

Orbital rendezvous has been a subject of intense investigation since the
beginning of the space age. When astronauts controlled orbital rendezvous, the
problem was primarily one of accurate modeling, simulation and training. However,
teleoperatd or automated rendezvous operations are now feasible. New space
technologies and much better knowledge of the space environmental characteristics
have improved our ability to safely execute a rendezvous between two spacecraft. In
this section two primarystudies will be reviewed. One approach is based on
cognitivecontrolled vision systems for rendezvous managethentd the other is an
examination of an unmanned experimental satellite that became the world's first
satellite to use a robot arm to manigalanother satellit®. However,the potential
for a collisioncanthreaten thesurvivatontinued existencef the two spacecraéind

the possible release of debris can threaten otherdailyie objects as well.

Qureshi, Terzopoulos, and Jasiobedfzkiemonstrated a robotic arm which
was controlled using a vision system that had the ability to capture -dlyireg
satellite autonomously. They described an embodied;adskted vision system
which can combine object recognition and tracking with féyel symbolic
reasoning. The autonomous system under development can control target satellite
approach, maneuver itself to get into the desired docking pasitimhdockig with
the target satellite usingn on-board controller to estimatbe positionand track the
target satellite. In thisognitive systepthey demonstrated its ability to estimaite
current position and orientation of the target satellite employing captured images, and
behaviorbased perception and memory units using contextual naon to
construct a symbolic description of the rendezvous scene. Ultimately, the cognitive
module used knowledge of the encoded rendezvous scene dynamics and a type of
situation calculuso construct a rendezvous scene interpretation. Finally, thetiwegni

module formulated a plan to achieve the current goal.

The-dObject recognition and tracking module has the ability to create images
from a calibrated video camepair mounted on the ereffector of the robotic
manipulator and compute subsequentlydstimated relative position to the target

satellite. Images created by the module during experiment are shown in
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Figure 1.1%". The left image was taken from a distance of 5 m and the right image
was taken from 0.2 m.

Figure 1.12Recognition and Tracking Module Experiment

The cognitive vision controllexrentrelsmanipulatethe image recognition and
tracking module. It takes into account several factors such as current task, the current
state of the environment, the advice frohe tsymbolic reasoning module and the
characteristics othe vision module. The cognitive vision control unit includes two
subunits—which—are—calledthe-perception and memorynits in addition to the
symbolic reasoning unit. The perception unit receithes most current information
from the active vision configuration and computes the estimated target satellite
position. The symbolic reasoning unit plans the actions of the active rendezvous
element required to accomplish the task. They tested all of ghigpreent in a
simulated virtual environment and in a physical laboratory environment reproducing
the illumination conditions of a representative space environment such as a strong
light source, very low ambient light and harsh shadows. The demonstration
experiment safely captured the simulated target satellite via visiead sensing,

meeting their performance requirements.

Kawanogt al'® reported on the first autonomousidezveudRendezvouand Formatted: ~ Font: Not talic

doekingDocking Vehicle (RDV) of an Engineering TeS8atelliteVII (ETS-VII) with

an associated uninhabited spacecraft, which is shown schematically in Figure 1.13.
The RDV technology demonstrator succesgfukendezvousedthen coupled two
spacecraft. The ETF8Il experiment consisted of two satelliteand the experiment

was conducted in two steps. First, the chaser satellite released the target satellite.

Subsequently, the chaser satellite approached and then docked with the target satellite.
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‘ Figure 1.13 ETS/II Experiment.

‘ The ETSVII RDV systemdemonstrated the feasibility of three major autonomous
rendezvous functions: 1) autonomous rendezvous and docking by an uninhabited
satellite 2) safe autonomous rendezvous and docglking 3) lowimpact autonomous
docking?®.

Uninhabited RDV systems can bategorized either as autonomous RDVs or
remotely piloted RDVs. Autonomous RDV was chosen for this demonstrated
experiment because of its utility and applicability to a variety of spacecraft types,
while enabling them to demonstrate the feasibility ofully fautonomous, highly
accurate and reliable rendezvous system that was capable of executing rendezvous
and docking even when the spacecraft pair was not in continuous communication

with the ground station.

The experiments were initiated when the chassellite ejected the target
satellite with a departure speed of 1.8 cm/sec. In the first experiment, the chaser
satellite started to control its relative attitude and position automatically and separated
up to 2 m from the target, which was the holdingnpoThe target and chaser
satellites flew in formation for 15 miputes maintaining the separation distance of 2
m. When the approach command was senthto chaser satellite, ittarted—to
appreachpproachedhe target satellite with a relative velocity of 1 cm/s, until it
captured the target satelliteirst-The first experiment was successfully completed
afterthe chaser satelliteutomaticallydocked to the target satellitertomatically

The second experient (FRP2) was initiated in the same wayg-the-first but
the separation distance was substantially larger (2.5 km rather than 2 m). All of the
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command and control processes were the sarmeths first experiment, but some of
the chaser satellite thiess did not fire correctly during the first attempt and
correcting that fault extended the mission. After modifying the RDV software, the
two spacecraft were successfully docked, achieving the milestone of the first

successful autonomous rendezvous arekitlg demonstration.

The ETSVII experiment successfully demonstrated (1) relative approach, (2)

final approach and (3) actual dockifg

1.3.3 Development of Spacecraft Removal Systems  Formatted: Font: 12 pt

Spacecraft removal systems are not a new idea. However, some ctsstrain
have blocked their development. Challenges related to cost and scheduling resources,
operational constraints, liability and political challenges havespikesented barriers.
These constraints aggl-related to removing objects from an orbit. In addition, it has
not yet been widely accepted as being feasible using current technical capabilities.
However, the previous and recent major breakup events that occurred in 2009
between a functional satellitdériflium 33) anda nonfunctional satellite (Cosmos
2251) depicted in Figure 1.4and tabulated in Table 1.Jand ongoing space
environment modeling efforts have certainly reignited the interest in using spacecraft
removal systems to remediate the spacgérenment. In this sectioractive removal
systems and their technical analysis will be reviéealong with an evaluation of

propulsive system requirements forakbiting a satellit¥'.

Karl*®

has analyzed therbital debris problem and categorizedbival debris

by their size. He put forward several ideas for effecting the active removal of orbital
debris. Since the orbital debgspulationgrows with every launch, satellites must be
protected using passive systems such as shielding, or activ&ocolirevention by

using small orbital maneuvers to avoid tracked orbital debris.

For orbital debris smaller than 1 cm, a sweeper spacecraft can be considered.
If that type of spacecraft was covensith a special material such as foils or fidérs
possasingmaterial characteristics that provide high strength and low ,ntassuld
collect Gweep small size orbital debris objects by stopping the high velocity particles
without creating new orbital debris. After that type of spacecraft completed itp swee

mission, itcouldbeburredup reenteringheEar t hds at mosphere.
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For orbital debris objects larger than 1 cm, but smaller than 10 cm, a ground
based or satellitbased laser systéfrcould be employed to darbit the debris. The
envisioned laser system would focus the laser on the targeted orbital debris for several
minutes, resulting in the ejection of a sublimating material layer. The sublimating

material layer can produce a thrtfsat can alter the orbit and accelerate orbital decay.

Orbital debris larger than 10 cm can be tracked from the ground. For this type
of orbital debris, tethers or space ttigwere identified as potential debris removal

approaches.

Momentum transfer anelectrodynamic effects can be used by tether systems.
By inducing a swing velocity between the chase vehicle and the target, dlyjecty
of a chase vehicle tether, momentum transfer can occur. The tethered system and/or
lightweight mechanical tethéfscan exchange momentum due to the effect of gravity
gradiens and this momentum change can be sufficient to send the debris on
trajectories that ei t he,rat hghet ahital dltitudes, Eart hds at mosph

produce an escape trajectarysome cases

Space tugs are a logical option for larger objects. Artber spacecraft can
be sent to rendezvous and dock with one or more previously targeted large orbiting
objects. After rendezvoug) and docking with the object, either its own or a deployed
propulsion system can be activated to place the captured object into a trajectory for

re-entryinthentoEart héds at mosphere.

Burkhartet al'” haveexamined propulsive derbiting methods. The primary | Formatied: Font: Not alic

focus of tleir study wasthe identification of the mossuitable propulsion systems to
de-orbit different classes of spacecraft over the mass range from below 10 kg to more
than 2000 kg. Two satellite types were used as examples for estigglipropulsion
system options-i_the Pathfinder and IRSC satellites. Pathfinders are a srrsited
spacecraft categoryhile IRSC1 isamediumsizedspacecraft-typeAbove 615 km,
natural satellite lifetimes are longer than 25 years and these satellites require active
removal systems. The propulsion systemgstigated in the study were chemical and
solarelectric propulsion systems. Chemical propulsion systems utilizing cold gas,
monapropellant, bipropellant, solid propellant, and hybrid propulsion were

considered along with electric propulsion utilizing gas for propulsion.The
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propulsion systems covered a range of thrusts and specific iraflyfyes shown in

Figure 1.14". Figure 1.14a shows the thrust range of all propulsion systems,

Figure 1.14b represents the specific impulse range of chieprigpulsion systems
examined and Figure 1.14c shows the specific impulse range of electrical propulsion
systems. Table 1.2 summarizes the advantages and disadvantages of the various
propulsion system§

[Formalted: Font: 2 pt
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Figure 1.14 Thruslks, Range of All Types of Propulsion Systems

Table 1.2 Advantages and Disadvantages of Propulsion Systems

Type of Prog. Advantages Disadvantages Type of Prog.  Advantages Disadvantages
Simple Extremely low Isp Simple, Reliable  |One thruster per burr
Cold Gas Low system cogtModerate impulse capability Solid Low cost Total Impulse fix
Reliable Low density Propulsion |High density Currently not qualified
Safe High pressure Low structural indexfor longterm space
Wide thrust Low Isp ) M_odulable Not qualified
Mono range Hybrid  |Simple
Propellant [Modulable . Propulsion [Reliable Lack of suitable
(mostly) toxic fuels .
Proven Low cost oxidizer
Wide thrust Complex Low thrust
Bi-Propellan{range Costly EIectrpaI Very high Isp Complex -
(Storable) [Modulable Heavy Propulsion Long maneuver time
Proven Toxic Power consumption

Burkhart et al'’ also discussed specific types of -aibiting options:
1) uncontrolled derbiting, 2) controlled derbiting and 3) maneuvering the
spacecraft into disposal orbit regions. The uncontrolledrdiing process starts with

[Formatted: Indent: First line: 0.5"
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one or more deceleration maneuvers to reduce the object velocity and perigee altitude.

This orbital change increases the aerodynamic dragharsdreduces the orbital life
time of the object.Controlled deorbit maneuvers are basically the same as the
uncontrolled deorbiting maneuvers, but theincorporateseveral propulsive retro
bunandrentry maneuvers
follows a trajectory with a predictable ground impact location. Maneuvering
spacecraft into disposal orbits (graveyard orbits) is an optiofi-luats not discussl

in the Burkhargt al'’ study.
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1.4 Description of the GlobalStar Constéation

The Globalstar communication system consists of a space segment, a user

segment, a ground segment, and four terrestrial netwaskshown in Figure 1.15.
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Figure 1.15 Segments of GlobalStar Satellite Constellation

The space segment of tlobalstar constellation was planned initially to be
52 satellites (48 operational and 4-anbit spares). The satellites are in a88'®
Walker constellation, in the Space Systems Loral "Big LEQO" global mobile
communications network, offering global tetime voice, data and fax. The
Globalstar satellitesave-beewerelaunched from the Baikonur Cosmodrome using
Soyuz launch vehicles. The satellites ar@x® stabilized, employing magnetometers
on deployable booms, sun sensors, GPS attitude sensorsth@ndarry two

deployable solar arrays, capable of delivering00 W. The satellites in the first
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generation constellation were designed to operate at full performance for a minimum

of 7.5 years. The satellite constellatiomlépictedn Figure 1.16%.

Figure 1.16 GlobalStar Satellite Constellation

The satellites in th&lobalStarsystem have been placed intev-Low earth
Earth erbits-Orbits in eight operational planes containing six satellites each, orbiting

at nearly constant 1,41dlemeterkm altitudes,andinclined at 2°. Each satellite has

a nominal orbital period of 114 minutes ahe overallconstellation covers the globe
between 67 North and67° SouthLatituddatitude The Globalstar system provides
communications from any point on therthEarthd surface to any other point on the
earthEarthd surface, exclusive of the polar regions. The satellites utilize SS/Loral
LS-400 platforms, with a trapezoidal body shape, along thigltwo deployable solar
panels. In that way, multiple satellites can be carriecamthbe deployed fromthe

same launch vehicle. The satellite propulsion systems employ hydrazine, with a
primary function of station keepingl'’he mass of each satellite is 4&f) and the dry
mass is 350 kg.

The Globalstar satellite is a simplew-cost satellite designed to minimize
both satellitecestsand launch cost#\ pictorial sketch of the satellite and some of the
major characteristics are summarized in Figure'$.17
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STRUCTURE RELIABILITY
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TELEMETRY & COMMANDING
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» Real Time, Stored and Macro
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« <500 Hardware Commands

THERMAL - <500 Hardware Telemetry Items
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« Thermostatic Control Heaters ORBIT DETERMINATION
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+ Mono-Hydrazine (76.6 kg)
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+ Passive Management Device
¢+ 5-1 Newton Thrusters

ATTITUDE DETERMINATION ( 0.7 half cone)
« Earth Sensor
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ON-BOARD PROCESSING + 3 Sun Sensors
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ATTITUDE CONTROL (NORMAL)
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Figure 1.17GlobalStar $acecrafCharacteristics

1.5 Thesis Outline

Various governmeant agencies and international organizations are beginning
to track space debris améseresearch possible mitigation solutions. One such debris
mitigation organization is the InteAgency Debris Coordinating Committee (IADC)
of the United Nations. Guidelines developed by IADC are the current basis for LEO
satellite debris mitigation measutésQuoting from that document:

"A spacecraft or orbital stage shidwbe left in an orbit in which, using an
accepted nominal projection for solar activity, atmospheric drag will limit the
orbital lifetime after completion of operations. A study on the effect of post
mission orbital lifetime limitation on collision raten@ debris population
growth has been performed by the IADC. This IADC and some other studies
and a number of existing national guidelines have found 25 years to be a
reasonable and appropriate lifetime limit."

As a result of these-studies and recommendais made by international
organizations, countries with the ability to access space have begun to give attention
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to the management of space debris in order to reduce the risks of colisobhus
address avoidable manned and unmanned mission failures.

The objective of this thesisasis to investigate mitigation of space debris by
examining an approach for recovery of a specific population of spent satellites.
Decommissioning a spacecraft is the final event associated with any space mission. It
hastherefore become standard practice to removefaoctional satellites from their
original orbits, placing many of them in higher orbits by using the residual propellant

in the secondary propulsion system at the end ofiseful life. This maneuver is

fequently and appropriately <called a O6graveyard bu

practice in LEO missions to provide controlledeeent ry i nt o t he Earthos
The reason for this controlled-emtry approach is that uncontrolledestry can lead
to velhicle breakup, providing a hazard on the ground and adding to the problem of

space debribazard

This study has examined the GlobalStar satellite constellation in order to
provide a specific example related to a large population ofVadie satelliteshat
occupyatew-Low EartherbitOrbit and have the potential of becoming orbital space
debris.Since the originaGlobalStar satellittwerelaunched-starting-in 1999 with
planned useful lies of 7.5 years, the first generation of these satellitesnare

becoming orbital debri®resently at least 1katelliteshave ceased operatidam the
GlobalStar constellatiomrbits and the GlobalStar Communication Compdmas
begun replacingts original constellationsatellites with new second generation
GlobdStar satellites. The new second generatisgnGlobalStar satellitesare-is
currently being launched, siatatime; startingin October, 2018. As the new
second generation satellitbave replacel the first generation satellites, GloB&hr
has adjustedhe orbits oftheir nonfunctioning firstgeneration satellitesplacing
themin 2,000 km graveyard orbits. The graveyard orbits have reduced the risk
associated with noefunctioning satellites occupying primary orbits, but those
satellites will need t@ventuallybe removeebventually This thesis has developed a
strategy for removing those satellites.

at mosph
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CHAPTER 2

IMPULSIVE ORBIT TRANSFER STRATEGIES

Propulsion systems are employed to effect controlled changes in the orbit of a
spacecraft. Orbit transfenaneuvers use directed thrust to accelerate (or decelerate)
an orbiting object, changing its inertial velocity (direction and or magnitude) so that at
the end of the propulsive maneuver, a different orbit results. These propulsive
maneuvers are employed t@ansfer spacecraft from their launeehicle-controlled
initial orbits to a different orbit. They are also employed to change the orbital plane,
to circularize an orbit or to synchronize the orbit of one spacecraft either with respect
to afixed locationon the Earth s s wrrwitharesigect to another spacecrdfiost
orbital transfer operations utilize chemical propeliantorder to bettecontrol orbital
adjustments. It is the task of mission planners to determine spacecraft propellant mass
allowarces required to attaiand maintainplanned orbital configurations over the
lifetime of the spacecraft. Orbital rendezvous with a specified spacecraft is one of the
most demanding classes of spacecraft maneuvers and it is necessary to properly
estimate the@ropellant required for these operations.

2.1 Relative Motion in Orbit

A rendezvous maneuver consists of a target vehicle and a chaser vehicle. The
target vehicle is the passive, Apraneuvering vehicle, already in a specific orbit. The
chaser vehicle ithe active vehicle, performing the maneuvers required to achieve an
appropriately synchronized target vehicle orbit, and subsequently to overtake and
actually rendezvous with the target vehicle. The space shuttle is used regularly as a
chase vehicle, reeavousing with the International Space Station (ISS) which is the
target vehicle.

In the geocentric equatorial frame, the position vector of the target vehizle is
and the moving or relative frame of reference has its origin located at a specific
reference point on the target vehicle, as shown in Figure 2.1x-8kis is directed
alongip, the outward radiabectorto the target. Thg axis is perpendicular te and

points in the direction ofxahdyaxesttherefgeet satel |l i tebs |
lie in the t ar gezadsisnormatothaplafep | ane, and the
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@ Chaser S/C

Moving Frame

The Earth

X
Inertial Frame Target’s Orbit

Figure 2.1 Moving Frame Attached to Target S/C from which Chaser S/C Observed

The angular velocity of the moving frame whiclntainsthe x,y z axes,
attached to the target vehicle, is just the angular velocity of the position eetod

can be written:
P B 10Q imQ i (2.1)
Hence, the angular velocity vector fraspationEquation(2.1} is:

b b

m — (2.2)

The angular acceleration of the coordinate systeppiserachievedby taking the

time derivative okguatiorEquation{2.2):
—mM| —P ® b ® —Pb b (2.3)

but
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P ® ® b T (2.4)
andthe acceleration of the target vehicle is
® ® —b (2.5)
In addition,
b ® b i‘—c‘lD ,l‘—G‘ID b T (2.6)

Finally, after manipulatingeguationsEquations{2.2}, (2.4}, and (2.6}, the angular
acceleratiortan be represente:

—m >R (2.7)

At first, it may be hard to visualize the motion of one spacecraft relative to
another in orbit. Figure 222can simplify that challenge. In Figure 2.2, two orbits are
shown anderbit-Orbit 1 is a circular orbit whilestbit-Orbit 2 is elliptical with an

eccentricity of 0.125. The two orbits have the same seajpr axesd) and for this

reason their orbital periods are the same. Anowing frame is shown attached to
flobserverObserverAd in the circular orbit (number 1). AepechEpochl, spaceeraft
SpacecraftB, in eliptical-Elliptical erbit—Orbit 2, is directly below thesbserver
ObserverA satellite. In other word#) must draw an arrow in the negatixlirection

to pointat the position vectofocating B in the lower orbit. Figure.2 shows eight

different epochslI(IlI, lll, . . ), equally spaced around the circular orbit, in order to

visualize the relative position dhe two spacecraft with respect to each other. Of

courseA6s observation fr amaxismsstalways leetdirectaf, because the
away from the earth. Observér cannot sense this rotation and records the set of
observations i n xyboerdimate §ystem, ds ksheowm)at the fbattarme d o

of the Figure 2.2. Coasting at a uniform speed along thelairorbit,A sees the other

vehicle orbiting them clockwise in a sort of bedraped path. The distance between

the two spacecrafin this casenever becomes so great that ¢kethEarthintervenes.
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As viewed in the inertial frame.

As viewed from the co-moving frame in circular orbit 1.

Figure 2.2 Relative Motion dlliptically Orbiting SpacecrafB andCircularly

Orbiting Spacecraff.

2.2 Linearization of the Equations of Relative Motion in Orbit
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Figure 2.3 illustrates two satellites in Edrthorbit trajectories.ip is the

position vector of the target vehicle ands the position vector of the chase vehicle in

the inertial coordinate frame.
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Chase S/C

The Earth

X
Inertial Frame

‘ Figure 2.3 Position Vector of Chase Vehicle Relative to Target Vehicle

‘ Alse-w\We eancanalsodefine the position vector of the chase vehicle relative to the

target vehiclaisingYe, given by:

b iptYb (2.8)
The chase vehicle acceleration can be written:
2

P (2.9)

where r =Ab£ SubstitutingeguationEquation{2.8) into Eequation{2.9) yields the
acceleration difference between the chase vehicle and the target vehicle:

w p 2 (2.10)
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The symbol & is used to represent the relative pos
which is very small compared to the magnitude of the other position vectors which are

i p andip, so that

<

(2.11)

—
°

whereYr = &p£and g = Ab £

We can simplifyeuationEquation{2.10, by making use of the fact tha¥p&is very

small,
i PP ip Yp Oip Yo 1ipdp Cipdp Yob
Sinceipdp |1 andYede Yi yields:

o ¢ipde Vi
b P i

We can neglect the quadratic term in brackets by virteeteftionEquation{2.11:

i i p e (2.12)
We will-canneglect all higher order powers ¥ifj i . Sincel i
i | p e (2.13)

Using the binomial theorem and neglecting higher order terms

cipYb o cipdb
i P
After some manipulation:
o .
i i p ‘l—‘lDle

which can be written
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— — —ipdp (2.14)

SubstitutingeguatienEquation{2.14 into the reative acceleratiomguationEquation

{2.10), we get
. o . .
v P ‘|£ Ziode b Yo
. P Yp o - .
yP P - — ipdYp b Yb

Again reglecting—highereglecting higheorder terms, we get:

b Yp

Yo p ¢+ = 2 —ipd¥bpb (2.15)

But theacceleration vector for the target vehicle is:

Finally we get:

9

Yo — ¥p — ipdbb . (2.16)

Equation{2.16;} is the linearized version afguatiorEquation{2.9), which governs
the motion of the chase vehicle with respect to the target vehicle. The expression is

linear becaus®pappears only in the numerator and only first order powe¥5 ldive

been included.
2.3 ClohessyWiltshire Equations

Figure 2.4 ilustrates an attached moving frame of referetyaelative to the
target spacecraft. This figure is ® milar to Figure
is restricted by the approximation (Eq. 2.11). The origin of the moving system is
located on thdarget spacecraft. The axes lies alongp and unit vectory can be
defined:
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HU = (2.17)

From Figure 2.4, thg axes is in the direction of the local horizon, andztaxes is
the normal to the target spacecraft orbital plane describedy theright hand rule,

where’Q H HThe inertial angular velocity of the moving frame of referencé, is

and the inertial angular accelerationfs
According to the relative acceleration formula, we have:
P ip P Vp ® 9 ¥p P VYO Y@ (2.18)

where the relative position, relative velocity and relative acceleration are given by

respectively:
Yo YoH Yo H YaQ (2.19a)
Vi Yo H Yo H YaQ (2.19b)

Y&  YoH Yo H YaQ (2.19¢)
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‘ Figure 2.4 Camoving ClohessyWiltshire Frame

For simplicity, we assume that the orbittb target spacecraft is circulag=0) so
that the angular acceleration is equal to zePo Tt . Using this restriction, together

‘ with eguatienEquation{2.8}, andsubstitution intcequdion-Equation(2.18 yields:

YO 9 D Vb ¢cP Y® Yéd

Applying the vector triplerossproduct identity rule to the first term on the right hand
side of equationyields

P © b Vi ¢ ¥ Y@ (2.20)

Since the target spacecraft orbit is circular, we can write the angular velocity of the
target spacecraft? as:

(2.21)

38
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where n is the mean motion of target spacecraft, and is constant. Thus:

Vb £ W YoHIYOHIYIQ &Ya (2.22)
and
JeY") €0 YoHYOHIYYQ  eYOHIEYoH (2.23)

Substituting equationsEquations(2.21, {2.22 and {2.23 along with eEquations
{2.19), into eEquation(2.20 yields:

Yo £QeYa & YoHIYOHIYOQ ¢ &YoHEYoH YoH Yo H YaQ
Finally, colecting terms yields:
ye g Yo c¢tYw Yo U & Yo ¢EYo Yo HYOQ (2.24)

This expression gives the components of the <chaser

vector in terms of quantities that can be measured in the moving reference frame.

Since the target spacecraft orbit is circular, the mean motion of the target

spacecraft is given by:

and therefore:
3 —. (2.25)
RecallingeguationdEquations(2.17 and{2.19a, we also note that:
pYp 1 HDYoHIYOHIYIQ 1 Yo (2.26)

Substituting eguatiers-Equations {2.193, (2.25 and (2.26} into the relative
acceleration-eEquation{2.16 yields:

Yo & YoHIYOHIYIQ — i H ¢& YoHE YoHE YaQ2.27)
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CombiningeguationdEquations(2.22 and{2.27, we obtain:
¢ Yo ¢gYo Yo U & Yo ¢gYo Yo HYIQ ¢& YoHi: YoHE YaQ
Upon collecting terms on the ledtde of the equation, we get:

Yo otYo ¢iV¥o H Yo cgYo H Y& £%aQ T

That is:
Yo ot Yo ¢EYo (2.283a)
Yoo ¢EYo (2.28b)
Ya & Ya m (2.28c)
Equations{2.283, {2.288 and (2.28¢ are the ClohessWiltshire (CW) equations. When
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using these equations, we will refer to the moving frame of reference in which they were

derived as the Clohes®iltshire frame. Equatiers-The 2.28 quatiof2-28) group isarea

set of coupled, second order differential equations with constant coefficients. The initial

conditions are:

Ato m Yo Yo Yo Yo Ya Ya

Yo Yo Yo Yo Ya Ya (2.29)
FromeguationEquation(2.28b:

2 v AN

Qo > ¢ m

which means:
Yo cgYo ©EEi 00E o

We find the constant by evaluating the left hand side of the equatién at

Therefore:
Yo ¢tgYo Yo iV

so that:

[Formatted: Font: 12 pt
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Yo Yo ¢t Yo Yo (2.30)
Substituting this result integuationEquatian {2.283 yields:
Yoo o8 Yo ¢ Yo ¢ Yo Yo
which, upon rearrangement, becomes:
Yo & Yo c¢tYo 1¢ Yoo (2.31)
The solution of this differential equation is:
Yo 060ET0 6AT:E® -Yo 1Yo (2.32)
Differentiating this equation once witbspect to time, we obtain:
Yoo & 8ATedd & OETO (2.33)

Evaluating equation (2.32) at mhwe find

9

Vo 6 -Yo Y0086 oYo c—

Evaluating equation (2.33) at mwe find

(4
<

Yo & @O0

Substituting these values for A aBdinteB into equationEquation{2.32 leads to:

9

Y6 ?o&io o6 cyT“’ Rie®d 2¥6 ¥
which, upon combining terms, becomes:
Yo 1 oAt —Yo -p ATV (2.34)
Therefore,
Yo ot OEIdw Ait®o OB (2.35)

SubstitutingeguationEquation{2.34) into Eequation{2.30 yields:
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S C o v s | REQ. . C Ty
Yo Yo ¢l w T oweEd Yw 3 Yw gp weEe Yw
which simplifies tebecome
Yo @t ATt pYo cOEINoO T1TATE® o Yo (2.36)

Integrating thiexpression with respect to time, we find that:
Yo @t -OEBIo 0 Yo -AitYo -OEIo 00 Yo 6 (2.37)
EvaluatingYy ato  myields
Yo -Yo 606 Yo -Yo
Substituting this value fo€ into egquatierEquation(2.37, we get:
Yo @OElo ¢ Yo Yo -ATe® pYo -OETO6 00 Yo  (2.38)
Finally, the solution ofguatienEquation{2.28¢ is:
Ya OAT&E® OOETld (2.39)
so that
Ya &t G@EIo & ATed (2.40)

We evaluate the two expression® atmto obtain theconstants of integration

Putting these values for D and E back ietptationEquation{2.38 and Eequation
{2.40 yields:

Ya AlTedya -OEI¥ (2.41)

Yo tOEBI&¥a Ai:dYa (2.42)
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Now that we have finished solving the Clohe¥gijtshire equations, we change our
notation, denoting thg, yandz components of relative velocity in the moving frame

asYo, Y0 andY0 , respectively. That is:
Yo Yo Yo Yo Yo Va

The initialconditions for the relative velocity components are then written:
Yo Yo Y Yo Yo Ya

Using this notation we writeguationsEquations(2.34), (2.35), {2.36), {2.38), {2.41
and{2.42 as

Yo 1 cAitGYo —Y0 -p ATeOW (2.43a)
Yo otOEIYn AitdYs6 cOBD (2.43b)

YW @t ATt pYo cOEBINO TATE® oW (2.43c)

Yo @OREIo ¢ Vo Yo -Aie®d p¥ -OElo oo Y0 (2.43d)
Ya ATedya -OEId (2.43e)

Y0 tOBEIYa ATedY0 (2.43f)

Finally, introducing matrix notation to define the relative position and velocity

vectors:
Yo o Y6 6
Yoo  Yiro Yoo Yoo
Y& o Yo o

and their initial values (at m):
Y6 Y6
Yb Yo Yo Yo
Ya Yo
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Observe that we have dropped the ssuilpt of relative (rel) introduced in
egquationEquation{2.19 because it is neassential in rendezvous analydtsjuatiors

{2.43) can be represented more compactly in matrix notation as:

Yo O P 60 Yb D o Yb (2.44a)
Yib 0 P o Yb P o Yb (2.44b)

where the Clohesswiltshire matrices are:

T ’cri&'l"sC'I‘) T T
b o @OEI0O €0 p m (2.45a)
i n AT:®
~ —O ETO - P A | 8(1) m M
D o .+ AlE®dp -T1O0BIO GO T -  (2.45b)
11 Lo, AI,I
u ] ] -OEly
OEZO:ET(‘) T T
) e Alew p m T (245c)
T n 1 OED

AIsCIg SOI:?M T
P o cORBIOTATE® o . (2.45d)
i i ATed

2.4 Twolmpulse Rendezvous Maneuvers

The typical rendezvous problem is shown in Figure 2.5. At imert (the
instant preceding=0), the positioY® andY® of the chase spacecraft relative to
the targetareis known. Att=0 an impulsive maneuver instantaneously changes the
relative velocity toY® att=0" (the instant aftet=0). The components ot are

shown in Figure 2.5.
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Rendezvous
" Trajectory
~

Orbit of
TargetS/C

The Earth

Figure 2.5 Rendezvous Trajectory of a Target Spacecraft in the Neighborhteod of

Chase Spacecraft

We must determine the values ¥6 , Y0 , Y0 , at the beginning of the
rendezvous trajectory, so that the chase spacecraft will arrive at the itarget
specified timet;. The deltav (YV) required to place the chase spacecraft on the

rendezvous trajectory is:

Yo Yo
Y Yo ) YW Yo (2.46)
Y0 Y0

At time t;,, the chase spacecraft arrives at the target spacecraft (at the origa of
co-moving frame), which meansYe Vi 0 1. Evaluating eguation

Equation{2.443g att;, we find:
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T P 0 Yb P 0 VYb (2.47)

Solving this for Y& yields:

Yo D o b o Vb (2.48)

where ® 0 is the matrix inverse of ® 6 . We know the velocity® at
the beginning of the rendezvous path; thus substituting equation (2.48) into
eguatienEquation {2.448 we obtain the velocityy® at which point the chase

spacecraft arrives at tagspacecraft, wheimn 0

Simplifying, we get:

o

Yo D 0 P 6 D o P o Vb (2.49)

Obviously, an impulsive deka (YV) maneuver is required at o to bring the chase

spacecraft to rest relative to target spacecbéiit .
Yo ) ) n Yo Yo (2.50)

In eguationsEquations{2.46) and {2.50 we have employed differences between
relative velocities d calculate delta (YV), which is the difference in absolute

velocities. To show that this is valid,
® ® P b ) (2.51a)
) ) P b ® (2.51b)

Since the target spacecraft is passive, the impulsive maneuver has no effect on its
state of motion, which means b and P P . Furthermore, by assuming
impulsive maneuvers, there is no change in the positien, [5) . It follows

from ecpationsEquation{2.51) that:
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® orYb Yb (2.52)
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CHAPTER 3

DEVELOPMENT OF ¥V BUDGETS FOR REPAIRING OR
REMOVING GLOBALSTAR SATELLITES

3.1 Problem Formulation

Currently, there are eleven nfunctional satellites in theGlobalStar
constellation.The orbital tracksof the eleven satellite are depicted irFigure 3.1,
where it is noted that all of the ndunctional satellites have semmajor axes
bet ween 8,132 and 8,521 km and right ascension of
between 57 and 270 degrees. Their NORAD identifiers and orbital characteristics are

summarized in Table 3.1.

Figure 3.1 Noffunctional GlobalStar Satellites Orhits
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Table 3.1 Orbital Characteristics of Nfumctional GlobalStar Satellites

SEMI-MAJOR A M NORAD ID |SEMI-MAJOR A M

NORAD ID (km) (Degree) (km) (Degree)
25872U 8372.10 172.905

25164U 8232.57 57.942
25885U 8343.98 179.299

25964U 8167.01 66.043
25771U 8475.23 189.301
I GrErlus (BHED 25886U 8405.31 195.848
25853U 8334.18 81.121 25851U 8521.65 220.276
25306U 8221.30 90.959 25308U 8156.13 270.261

The primary goal of this study has been to develop specifications for a set of
small dexterous servicing satellites capable of refueling, repairing -orbiteng
GlobalStar satellitesThis type of spacecraft has been examined in other sttfiles
For the purposes of thpresenstudy, the spacecraft will be called Satellite gRbiter
Spacecraft (SRS) and the performance requirements will be developed for the SRS
system in terms of optimal altitude and ephemeras characteristics, assuming that the
SRS ebments are carried into orbit and deployed from a methigr. In that way, it
should bepossible to minimize overall SRS system size and operating costs for
servicing the 11 nofunctional GlobalStar satellitexample In addition, goals of this
researchinclude:

1. Determination of SRS maneuvering requirements and acceptable error
allowances for autonomous rendezvous and docking with targeted GlobalStar
satellites,

2. Capturing (attachingto) andnunct i onal Gl obal St ar
robotic manipulators,and

3. Determination of system requirements needed to propel dumational

GlobalStar satellite into a predictable-aiit trajectory.

As shown in Table 3.1, the ndunctional GlobalStar satellites can be divided

roughlyinto two separaterbital sutsets, based on their right ascension of ascending

sat el

t

e

W |
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nodes (RAANor q P five satellites fall within 57 < W< 91°, and six satellites are
within 172 < W< 272°. Referring to Figure 3.1, it is apparent that the two orbital
satellite groupsnayhave evolved from their initial deploymen@lobalStar satellites
25164U, 25964U, 25874U, 25853U and 25306Ak (between 57° and 90°) were
deployed from one multipteatellite launch, and GlobalStar satellites 25872U,
25885U, 25771U, 25886U, 25851U and3RBU (s between 172° and 2708ppear

to have beedeployed from another multipgatellite launch. A MatLab prograkas
beemwas used to represent the NORAD orbits for some aspects of the analysis that

follows.

In order to bound this study, it has beeaumsed that the mothship and its
associated SRS fleet have been placed in orbit utilizing the &wowez launch
vehicle system that has been employed for the mulsigiellite GlobalStar launches.
Thus, each SRS element will be a small satellite, degldsom the orbiting mother
ship with overall mass and dimensional constraints derived from existing GlobalStar
launch specifications. On that basis, an optimum number of SRS elements can be
established in terms offfectingaffecting the largest number ofendezvous and
repair/deorbit sorties with a minimum number of Earth launches. Obviously, the
propellant requirements, both for orbital rendezvous andriié, when necessary,
represents the most important design dridnce it is not possible to diffentiate
repairable GlobalStars from recoverable GlobalStapsiori, this study has assumed
that none of the nechuncti oning Gl obal Stars can
baseline.As a consequence, main purpose of this study has been to determine
optimal propellant allowances to -aebit the norfunctional GlobalStar satellite@n
that basis, it was necessary to estimate the velocity increments required for the entire
sequence of operations, starting from deployment from the methigr then
proceeding through orbital rendezvous, satellite capture and subsequeaithytitie

nonrepairable GlobalStar satellites.
3.2YV Calculations for Rendezvous and Derbiting Maneuvers

3.2.1 YV Rendezvous Maneuvers of SRS with Nefunctional GlobalStar
Satellite

be

repaired
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Assuming that here are two distinct groups of nfumctional GlobalStar
satellites rendezvous calculations have been made assuming that the-sfothesas
placed in an orbit that facilitated a minimud propulsive requirement for one SRS
unit in each satellitsubset. By being launched intan optimal circular orbit relative
to the desired rendezvous orbit for telectedGlobalStar satellitea minimum
propellant rendezvous can be executiedorder to develop an optimal strategy, the
analysis has considered each of the-fumctional GlobalStar satellites in eastibset
to be the initial rendezvous candidate. In that way the optimum mstiigrorbit
could-canbe selected on the basis of minimizing the t@dlrequirements for all of

the remaining GlobalStar satellites in that s(stgbset)

All of the GlobalStar satellite orbits are nearly circular. Furthermore, when the
mothership is placed in its initial orbit, it is desirable to place the meshgrin a
slightly different orbit than the initial target GlobalStar in order to minimize risk. By
placing the motheship in a circular orbit sharing the orbital plane containing the
target satellite, a lovidV rendezvous can ocalirprovided that the mothatipd erbit
is synchronized with the target satellite orbit. Furthermore, by deploying the
remaining SRS vehicles from a circular motlséip orbit rather than theslightly
elliptic GlobalStar orbits synchronization of the other SRS spacecraft with the
remaining GlobalStar satellites for rendezvous can be controlled more easily. The
semimajor axes of the subsequent SRS deployments can be controlled udhg the
burn, and by waiting an appropriate number of (me#iep and target GlobalStar)
orbits and detrmining the time when the propulsive kick is to be completed, it is
possible to place the SR the desired rendezvous oghitith the desired separation
distancsfor initiating rendezvous.

Since all of the remaining SRS vehicles were to be deployed from the same
mothership orbit, it was only necessary to determineRierequirements for each of
the remaining SRS vehicles, starting from the selected msitfiigiorbit. TheDV sets

were compted in the calculation ordeshown in Figure 3.2 and 3.3.
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025964U 025164U 025164U 025164U 025164U
w25874U w25874U 025964U 025964U 025964U

025853U 025853U 025853U w25874U w25874U
025306U 025306U w25306U w25306U w25853U

Figure 3.2 Sequence @V Requirement Calculatiorfer Thethe Five GlobalStar
Suite

Figure 3.3 Sequence @V Requirement Calculatiorfer Fhethe Six GlobalStar
Suite

Non-functional GlobalStar satellite positions and classical orbital elements
[semimajor axes d), eccentricity €), inclination angle i, right ascension of
ascending nodegy§, argument of periapsisvf and true anomaly/{ ] are known
from their NORAD data The NORAD datafor each norfunctional GlobalStar
satelliteare shown in Table 3.2n an actual multiple satellite recovery and/or deorbit
mission, after the motheship carrying the SRS set was placed into its optimal orbit
and the first rendezvous amelpair operation was completed, the orbital data for the
remaining GlobalStar targets would be updated in order to set up the second SRS
rendezvous and repair operation, and so on. In that way, the sequence of operations
can be adjusted to accommodate terious inspection, repair and/or deorbit
operations minimizing ground stationmanpower andoperational costs while
recognizing that the restricted tvbmdy approach incorporated in this optimization
processcannot predict actual orbits over extendediqus of time The actual
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optimizationprocess can only be simulated in this study exarbpleising NORAD
orbital data spread over a period of time characterizing a complete SRS sequence.

That approach allows realistic actual adjustments in orbdsdor.

When this research topic was selected, the publi
decision to place their nefunctioning satellites in parking orbits where they
represented a minimum risk their other functioning satellites. As mentioned in
Chapter 1 every orbiting objectin the space environmeman be hazardous to
functional satellites. These ndunctional satellites @uld trigger a nearlgontinuous
chain reactiorcollision evert in nearEarth orbitalspace This effect is known as the
Kessler Sgdrome or effect as proposed by NASA scientist Donald J. Kessler in
1978. It is a scenario in which the density of objects in Low Earth Orbit (LEO) is high
enough that collisions between objects could cause a ca$cadeh collision
generating debris vith increases the likelihood of further collisiGhsHowever, in
support of the presemtctive removaresearch topicit was announced recently that
CanadianRobotics was exploring a rendezvous and repair partnership that would
enable a commercial saigd operator teextend functionasatellite lifetimes using an
approach similar to the type proposed A&ré robotic servicer satellite ibeing
designed to add iorbit refueling and simple repairs &xistingcommercial satellite
fleets. The robotic seicer satellite could add years of life to valuable spacecraft that
would otherwise be decommissioned for lack of fuel. The servicer also will be able to

perform some repairs, possibly including releasing snagged solar arrays.

As a result, this thesis shid be considered as developing an appropriate
methodology for recovering or removing specific sets of-fumetioning satellites
utilizing a minimum risk and minimum cost (based on launch mass requirements)

methodology.

Examination of he NORAD twoline ephemerus element datets showed
that all 11 of the noffunctional satellites had been maneuvered out of their regular
communications network orbits. This presented a problem, since the methodology
developed in this thesis is based on using efficlemt;overhead orbital rendezvous
synchronization timing schemes. The simple synchronization timing schemes based
on the restricted twdbody model developed in Appendlx are of limited accuracy
since they da-énot include orbital perturbations resultifgpm gravity variations,
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aerodynamic drag, thirdody perturbations, and solar pressure. However, as more
sophisticated simulations have shown (AGI&s STK sof
this thesis), inclusion of all of the modeled orbital perturbatifeces does not
replicate precisely the actual NORAD data for long (several days or weeks) periods of
time. The lowoverhead approach is most useful if the current NORAD data were
used in the actual SRS orbit change and rendezvous calcul&tmmever, tlis thesis

can only simulate that process by using historical NORAD data to model the
GlobalStar sevicing and removal operationSince the 14 nonfunctional satellite in

the dataset contained in Table 3.1 was maneuvered into its present orbit in fgbrua
2011, historical data can only go back to that date in order to model the overall
approach. On that basis, it has been assumed that the +sloifhevas launched into

its initial orbit on February 11, 2011. The reference NORAD-datdor 11 February
2011, is contained in Table 3.4.

NORAD data for all noffunctional GlobalStar satellites between 11 February
2011 and 11 April of 2011, have been used to represent the overall approach.
Eccentricity €), inclination angle i, right ascension of ascendingdes ) and
argument of periapsisvj can be read directly from the tvime ephemerus NORAD
data, but semmajor axes ) and true anomaly/{ were needed in the rendezvous
calculations, and a MatLab program was written to utilize the NORAD data to
detemine all of the classical orbital elements

" Also, the NORAD data contain thdateand timewhen thedatafor eachGlobalStar satellitavas

| recorded Table 3.4 represents the Februaff~11", 2011dataTher epeati ng fA1104206 digital entries
in the first row of data for each satellite indicate thatN@RAD data vere taken on thé2" day of
2011. The 4% day of 2011 is 1'1 February of 2011.



Table 3.2 Orbital Characteristics of 11 Nfamctional GlobalStar Satellité€s

NORAD ID TWO LINE ELEMENT SET
M HpMCI, oy nny/ MMAMOH®HTCAMT T
251640 H HpMcn ApH®AAHO nprtdPoTnp AANNM
M Hponc, @ynHO! MMANOH®AOMA@PO N T
25306V H Hponc npmdpypo ndandPyyoy AAAHAN
M Hpony, ddynHo/ MMAMNH®PMHOY NT(
25308V H Hpony npm®ddpyyc HTAPATON ANAAMAHO
M HPTTM, dQdarom. MMAMOH®PPCTOMT T]
2577y H HPTTM ApmM®dPpypo mMyydmdcn AAAHC
M HpypMm, d{dhpnort! MMANOH®PHPAMANT CM
25851U H HPpypM npmMm®hphy T HMy Pnodhn nnamndg
M Hpypo, qdnot/ MMANOH®PTAGONN
25853U H Hpypo npm®ddpyny ntdpPyyoc nanamp
M HPYTH, ddhpanm! MMAMNH®PYHOMMMH
258720 H HPYTH npm®dpnnn MTMPMMOP AAAMA
M HpyTn, ddhanm/ MMAMNH®PPCOYC MIJ]
25874 H HpyTn npmMm®pymt ntndPodhpH nnnnp
M HpPpYyyp, {danno/ MMAMNH®OITMTYTH
258850 H HPpYyyp NpH®AMHH MTy®onnd nnnpc
M Hpyyc, qpnannob MMANH®PYYydYynTp
25886U H Hpyyc npmMmdphprm mMdpodPhcop ANAMHY
M Hpdcn, GPACHS MMAMNH®NOOHODP
25364U H Hpdocn npmdhynn ncpdncmp ANAACH

Assuming that the motheship is inserted into an appropriate rendezvous
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position (on 11 February 2011) for deploying the initial SRSHeffinal rendezvous

phase with its designated satellite, every satellite in each suite was considered to be

the initial target. It was assumed tlz least one day should be allowed for engaging

the initial SRS with its target GlobalStar. Subsequently, the remaining target

GlobalStars were considered to be the next rendezvous target (four GlobalStars for the

57° < W< 9I° case and five GlobalStafer the 172 < W < 271° case). It was

assumed that each of the remaining SRS vehicles would only be released from the

mothership whenthe-mother-shiits orbital position was optimal in terms of enabling
that SRS to change its orbit plane, completinddisplanechange maneuver so that
it was set up to proceed immediately in a clpeeximity rendezvous. The time delay

and orbital maneuveringV requirements for optimally changing the SRS inclination

and right ascension of ascending nodes were estimatedllf@f the remaining

satellites

n

each

Gl

obal St ar sSui

t e.

approach, it was only necessary to estimate the orbital plane cHenmgguirements

for maneuvering the remaining SRS spacecraft from the msttigi orbit into their

Us i

ng

t
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GlobalStar satellite target orbits. The optimal motsieip orbit for each of the two
GlobalStar satellite suites could then be identified on the basis of the total orbital

plane chang®V requirements for that suite.

Non-coplanar trarfer calculations to change the SRS orbit inclinaiand
associated right ascension of ascending séatethe five GlobalStar satellite suite in

Figure 3.2werecalculated using:

9

Yo  Qoup OB+ (3.1)
where i Al CAT®AT® OEQOEQAT O (3.2)

Here, subscriptG represents the target GlobalStar and subsdfipepresents the

mothership orbit, whileV; <0, is the circular orbital velocity of the mothehip

when it is located in theircular orbit associated with tmth GlobalStar satellite.

Table 3.3 contains the orbital information for theefGlobalStar satellite
suite. For the purposes of demonstrating this method, the perigee velocity has been
used as the target circular velocity for the mo#igp when it is placed initially in the

orbital plane of the specified GlobalStar.

Table 3.3 Orbital Characteristics of EilNonfunctional GlobalStar Satellites

Satellite Name 0] (@) (e (M (V periged
GlobalStar 251644 52.045° | 57.942°| 0.001048| 7433.85 sec| 6.9656 km/sec
GlobalStar 259644 52.043°| 66.043°| 0.000651| 7345.24 sec{ 6.9901 km/sec
GlobalStar 258744 52.034°| 75.736°| 0.000641| 7298.17 sec|{ 7.0056 km/sec
GlobalStar 258534 52.057°| 81.121°| 0.001027| 7571.92 sec|{ 6.9228 km/sec
GlobalStar 253064 52.058° | 90.959°| 0.000617| 7418.60 sec|{ 6.9673 km/sec




Using these circular velocities given by:
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(3.3)

and the GlobalStar orbital data, it was possible to prescribe the nsbiipecircular

orbit candidates, as given in Table 3.4. In addition, the plane change angular

maneuver requirements, using equation (3.2), for the various combinations of

GlobalStar reference orbits are summarized in Table 3.5.

Table 3.4 Orbitalnclination Angular Plan€€hange Requiremenbetweenthethe
Different Combinationef MotherSship andNon-functional GlobalStar Satellite

Orbits.

MSCO GS(1) GS(2) GS(3) GS(4) GS(5)
MSCO-1 -- 6.3855 14.0080 18.2304 25.8971
MSCO-2 6.3855 -- 7.6387 11.8767 19.5884
MSCO-3 14.0080 7.6387 -- 4.2455 11.9900
MSCO-4 18.2304 11.8767 4.2455 -- 7.7549
MSCO-5 25.8971 19.5884 | 11.9900 7.7549 --

Table 3.5 Circular Velocities fdevery Option of MotherSship Orbit with respect to

the Five Nonfunctional GlobalStar SatellitBubset

Semimajor Axes (a)

Circular velocity (Mircular)

GS25164U- MSCO1

8232.57 km

6.9583 km/sec
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GS-25964U- MSCO2 8167.01 km 6.9861 km/sec
GS25874U- MSCO3 8132.08 km 7.0011 km/sec
GS-25853U- MSCO4 8334.18 km 6.9157 km/sec
GS-25306U- MSCO5 8221.30 km 6.9630 km/sec

Using eguatien-Equation {3.1), the overall orbital plane change velocity
increments can be calculated for every combination of the fivefurational
GlobalStar satellite orbits. The individual SRS velocity increments and overall total
velocity increments required from each candidatehership orbit are summarized in
Table 3.6.

Table 3.6 Velocity Increments to Change Inclination and Right Ascension of
Ascending Nodes for Each Starting Point of Motsgip.

wsco | G5 [ GS@ [ 6S@) [ 65@) | 6SE) [ TotalDv

25164U| 25964U | 25874U| 25853U| 25306U|  (km/sec)
MSCO1 - 0.7751 | 1.6970 | 2.2047 | 3.1184 7.7952
MSCO2 | 0.7782| - 0.9307 | 1.4455 | 2.3768 5.5312
MSCO3 | 1.7074| 0.9327 | -- 0.5187 | 1.4624 46212
MSCO4 | 2.1912 | 1.4310 | 05123 | - 0.9353 5.0698
MSCO5 | 3.1205| 2.3690 | 1.4545 | 0.9417 | -- 7.8857

As shown in Table 3.6, a mothehip circular orbit set up for the initial SRS
spacecraft to rendezvous with MSEJQNonfunctional GlobalStar satellite 25874U)
has significant advantages over the other meshgr orbit candidates. That circular
orbit mirimizes the totaV requirements for SRS orbital plane change maneuvers
and can be used as the starting point for setting up the subsequent sequence of SRS
deployments based on the wait time required for optimal orbital plane change

maneuvers.

In order toproceed, it is necessary to utilize universal time to locate the
mothership in its orbit and all of the GlobalStars in the target suite, to start the
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rendezvous for the first stack of nfunctional GlobalStar satelliteAlso, we are able

to use spherical trigonometag shown in Figure 3% to develop expressions far

and i whenever &V applies at the intersection of the target spacecraft and chase
spacecraft orbits. We determine the location of the burn by tségsire law and it
enablesus to avoid quadrant checkdence,for the impulse argument of latitude on

the initial orbit, which iscalleduinitial, is calculated from:

1
e

0 AT O (3.4)

and the impulsive argument of latitude on the final orbit, whickhaked Usna, IS

calculated from:

2
<

0 AT O (3.5)
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Uinitial =@ +V

Figure 3.4 Geometrfor Changes to Inclination and Right Ascension of
Ascending Node

Calculated locations afmpulsiveburncompletionsare shown in Table 3.7.
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Table 3.7 Location of Burn to Change Inclination and Right Ascension of Ascending

Node
MSCO-3
GS(1) Ui 95.4556
25164V U 84.4553
GS(2) Ui 94,5846
25964V U 85.1877
GS(3) U -
25874U U )
GS(4) U 91.3466
25853V U 88.033%
GS(5) Ui 92.9183
25306V U 86.9470

The @me calculation and procesan be employedor the other six non
functional GlobalStar satellites whose orbital parametersusmenarizedn Table 3.8
while the calculated valuedor Ay, mothership circular velocities and velocity
incrementgequired for theorbital plane changeareprovided in Tables 3.9, 3.10 and
3.11.
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Table 3.8 Orbital Characteristics of Five Nlnmctional GlobalStar Satellites

Satellite Name 0] (@) ® (M (V periged

GlobalStar 6.9037
51.952°| 172.905° | 0.000533| 7623.65 sec.

25872U km/sec

GlobalStar 6.9192
52.013°| 179.299° | 0.001089| 7585.27 sec.

25885U km/sec

GlobalStar 6.8661
51.966°| 189.30° | 0.001190| 7764.94 sec.

25771U km/sec

GlobalStar 6.8911
51.991°| 195.848° | 0.000689| 7669.06 sec.

25886U km/sec

GlobalStar 6.8539
51.969°| 220.276° | 0.002141| 7828.83 sec.

25851U km/sec

GlobalStar 6.9972
51.937°| 270.261°| 0.000913| 7330.57 sec.

25308U km/sec

Table 3.9 s for Nonfunctional Six GlobalStar Satellites

GS(1)
25872U

MSCO

GS(2)
25885U

GS(3)
25771U

GS(4)
25886U

GS(5)
25851U

GS(6)
25308U

MSCO-1 --

5.0367

12.8962

18.0261

36.889

72.5066

MSCO-2 | 5.0367

7.8769

13.0239

32.0176

68.3434

MSCO-3 | 12.8962

7.8769

5.1566

24.2831

61.4908

MSCO4 | 18.0261

13.0239

5.1566

19.1884

56.8839

MSCO5 | 36.889

32.0176

24.8231

19.1884

38.868

MSCO6 | 72.5066

68.3434

61.4908

56.8839

38.868
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Table 3.1C0Circular Velocities forevery Option oMotherShip Orbit with respect to
the Sx Non-functional GlobalStar Satellit8ubset.

Semimajor Axes (a) Circular velocity (Mircula)
GS25872U- MSCO1 8372.10 km 6.90 km/sec
GS-25885U- MSCO2 8343.98 km 6.9117 km/sec
GS-25771U- MSCO3 8475.23 km 6.8579 km/sec
GS-25886U- MSCO4 8405.31 km 6.8864 km/sec
GS25851U- MSCO5 8521.65 km 6.8392 km/sec
GS-25308U- MSCO6 8156.13 km 6.9908 km/sec

As can be seein Table 3.1, MSCO3 (Nonfunctional GlobalStar satellite
25771U) isthe logical orbit for minimizing the overallYV requiremers for the

second sbsetof nonfunctional GlobalStar satellites.

Table 3.11Summary olVelocity Incrementgor Plane ChangandRight Ascesion
of Fhethe Ascending Node Adjustmentsr SRSUnits Departingrom Fhethe
Different Candidate MotheBhip Orbits

wsco | 5@ [ GS@ | 6@ [ Gs@) [ GSE) | GSE) | Totaldv
25872U | 25885U | 25771U | 25886U | 25851U | 25308U | (km/sec)
MSCO1 - 0.6063 | 1.5498 | 2.1619 | 4.3661 | 8.1608 | 16.8449
MSCO2 | 0.6073 - 0.9494 | 15677 | 3.8123 | 7.7642 | 14.7009
MSCO3 | 1.5403 | 0.9420 - 0617 | 2.8848 | 7.0119 | 12.996
MSCO4 | 21576 | 1562 | 0.6195 - 2.2955 | 6.5595 | 13.1941
MSCO5 | 4.3277 | 3.7723 | 2.9399 | 2.2798 - 45511 | 17.8708
MSCO6 | 82681 | 7.8531 | 7.1477 | 6.659 | 4.652 - 345799
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The six satellite supetdemonstrates the challenge of rendezvous arattae
strategies whea n 6 o ut | iisepregentErant Fegliré 3.1it ean be seen that
nonfunctional GlobalStasatellite 25308U is not in an orbit that is completely similar
to the other five GlobalStars indfsubsetThat observation is more apparent in Table
3.11, where the requiredVs for the necessary plambange maneuvers to depart
from one of the first fie GlobalStar motheship orbit candidatesseting up for
rendezvous wittoutlier MSCO-6, ranges between 4.55 and 8.16 km/s. Furthermore,
the velocity increments required to maneutlee otherfive SRS units from the
MSCO-6 orbit to set up for rendezvouwsth the other GlobalStar orbits in this set
ranges from 4.65 to 8.26 km/s. Those velocity increments are comparable to the
velocity increment required to launch the mothgmip into its initial orbit.
Consequently, it is not feasible to achieve the dédmench mass and cost savings

for rendezvous with and ewrbiting this sixsatellite set.

Possible efficiencies can be achieved with the second set efunctional
GlobalStar satellites only if the five satellites with compatible orbits are considered.
By eliminating norfunctional GlobalStar satellite 25308U, the velocity increments
required for the plane change maneuvers for the remaining four satellites are tabulated
in Table 3.12 As in the original fivesatellite example, it can be seen here that by
launching the mothership into the rendezvous orbit for GlobalStab771U
(MSCGO-3), substantial propellant savings are possible.

Table 3.12 demonstrates the similarity between this second satellite set and the
example set already presented. It is metessary to repeat the mass estimation steps
for this set, since they are so similar to the example already discussed.

Table 3.12V/elocity Increments to Change Inclination and Right Ascension of
Ascending Nodes for Each Starting Point of MotEghip after Eliminating GS(6)

MSCO | GS(M) | GS( | GS(B) | GS@) | GS() | TotalDV
25872U | 25885U | 25771U | 25886U | 25851U | (km/sec)
MSCO-1 - 0.6063 | 1.5498 | 2.1619 | 4.3661 | 8.6841
MSCO2 | 0.6073 - 0.9494 | 15677 | 3.8123 | 6.9367
MSCO3 | 1.5403 | 0.9420 - 0.617 | 2.8848 | 5.9841




65

MSCO4 2.1576 1.562 0.6195 -- 2.2955 6.6346
MSCO5 43277 | 3.7723 | 2.9399 | 2.2798 -- 13.3197
I n this analysi s, the perturbing forces such

atmospheric drag, solar radiation pressure, and other planetary gravitational forces
havebeen neglected. All orbit calculatiomgere made usinghe restricted twebody

model, alongwith NORAD data.As mentioned inchapterChaptertwoTwo, this
analysis has used twmpulse rendezvous, Clohe$®iltshire equations and
Hohmanntransfer orbits in the calculations. Matl-Bhsed programs have been
employed for the calculations and plots. In the calculations, the goal has been to
minimize overall s&/——requiranentd/ requirementsfor changing trajectories.
Furthermore, it has been assed that operational costs are sufficiently low that
rendezvous time intervals need&ck orbiior opti mal &eVs
perturbations must be considered in identifying minimum energy orbital maneuver
opportunities over periods of weeks or i) it was decided to restrict minimum
energy maneuver opportunities to the- Z2dour period following a simulated
rendezvous. In that way, actual orbit variations should be small and the restricted two
body modeling approach can be employkénce, minimum requiredYV options

were foundby choosing the best timbetween 0 hour and 24 houte achieve the
rendezvous betwedhe next assigned SRS andritsnfunctional GlobalStar satellite
target A required¥V vs. maneuver completion timgraph as showrin Figure 3.5,

was developed in ordéo find the best time for each rendezvous.

The first SRS will be inserted to a circular orbit nearly 1.5 km in front of the
mothership andthe orbital elementdor the first rendezvouscase yith satellite
25874U) isshown in Table 33.

Table 3.13Classical Orbital Elements af‘First Rendezvous



25874U SRS-3
a (km) 8132.08 8132.08
e 0.000641 0
i (deg) 52.034 52.034
m (deg) 75.736 75.736
w (deg) 65.071 0
‘ (deg)| 140.746 205

The wo satellites are so close to each othaiter the SRS orbit insertion
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maneuverthat a minimal ¥V burn is required The assumed orbital separation

distancs during the coarse and fine rendezvous stages were based on th8I ETS

autonomous rendezvous experintann the ETSVII study, autonomous rendezvous

was dividedinto threeelementshased on separation distanepproach phaséfrom
10 km to 500 m)-firal, final approach phasg€500 m to 2 m) andlocking phase
(within 2 m). These distances wefeund to be appropriate in staging thebital

rendezvous experiment

After completing thenitial rendezvous and derbit operatios an GlobalStar
satellite 2584U, the mothesship could dispeng the next SRS vehicle. In tht way,
potential collisionshetweenthe mothershipand a prematurelg e p | oy e d

vehiclewith GlobalStar satellite 25874buld be avoided.

First rendezvous parameters and plots

finext o

SRS
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25874

0.25
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0.15

01 = Delta V
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Figure 3.5YV Requirements for Rendezvoustiveen Norfunctional GlobalStar
Satellite 25874U and SR%in 24 Hours

As seen in Figure 3.5, théme-sequencedV r equi r edame d B S
nearly constant minimum valuafter 16 hoursWe-investigated-Both minimumyV

requirement and timalelay were investigatedThe ClohessyWiltshire equations

consider time to find the be3V requirementsWhen thenumber oforbits prior to
rendezvous is increasethe flight time for rendezvous i€hanged.In that way the

requiredvelocityincrementcan be reduced byaiting.

Table 3.14Timeline for First Rendezvous

DATE TIME ACTION
11 Feb 2011 00:00:00.000 | Start of Mission
11 Feb 2011 00:15:00.000 | SRS3 Release from Mothesship
11 Feb 2011 00:30:00.000 | FirstRendezvous Initial Location
11 Feb 2011 13:30:00.000 | End of First Rendezvous

o
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Target Clohessy-Wiiltshire-Hill Frame

Figure 3.6 Rendezvous of SRS with GlobalStar 25874U

The best time to achieve rendezvous betwhendeployed SRS vehicle and
GlobalStar 25874UWvas 13 hourdor mi n i mu mThes®/q u i r evas 0.68%2

km/sec.

After completion of the initial SRS deployment and servicing or removal of
25874U, the second rendezvous is initiated. In order to miniDNzeequirements,
each successive SRS deployment has attempted to exploit eudtigit encounter
maneuvers, thereby using time delays rather than I&¥ger Satellites in different
orbits have different periods and simple Keplerian orbital mechanics can be employed
to estimate optimal delay times. One day was allowed for placingtitieership in
its desired orbit and accomplishing the first rendezvous afathieoperation. While
that is an aggressive assumption, the process being described for multiple servicing
deployments can be adjusted somewhat arbitrarily after the fiedtiteahas been
serviced or removed. For this representative case, GlobalStar satellite 25164U was the
second satellite and the second rendezvoass witiatedwith an SRSplane change
maneuverafter its release. After SRS releasewas necessary to caillate the time

required to complete the plane change maneuver, placing the second SRS in its



69

approach phase positiorsing that maneuver time and theiversaluniversaltime

when the SRS was to arrive at its rendezvous station, it was possible tdesgtiena
time when the SRS orbimaneuver should be initiatedfhe desiredorbital
characteristics for the second rendezvonigh(25164U) are summarizedin Table

3.15 followed by the graph showing the required orbital maneuver delta V as a

function of arrval time

Table 3.15Classical Orbital Elemés of 2" SecondRendezvous

25164U SRS-1
a (km) 8232.57 8132.08
e 0.001048 0
i (deg) 52.045 52.045
m (deg) 57.942 57.942
w (deg) 100.522 0
" (deg)] 66.5132 165.1816

Second rendezvous parameters and:plot
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Figure 3.7YV Requirements for Rendezvoustiveen Norfunctional GlobalStar
Satellite 25164U and SRBin 24 Hours

Table 3.16Timeline for Second Rendezvous

DATE

TIME

ACTION

11 Feb 2011

13:45:00.000

SRS1 Release from Mothesship

11 Feb 2011

14:04:26.400

Initial Location after the Plane Change for SRS

13 Feb 2011

07:04:26.400

Second Rendezvous Initial Location

13 Feb2011

08:04:26.400

End of Second Rendezvous
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Target Clohessy-Wiltshire-Hill Frame

Figure 3.8 Rendezvous of SRS with GlobalStar 25164U

The best time for theesond rendezvous betwedhe secondSRS andits
GlobalStar satellit¢éarget(251640), is 1 hourafter completion of the firsBlobalStar
intercept and recovery operatioAt that time, the requiredendezvous velocity
incrementwas 0.0513 km/secSince that is such a short time interval and since the
actual completion time for a real GlobalStar intercept and recovery operatiiohbeo
very different from the assumed conditions, it is important to note from FRydre
that low velocity increment rendezvous insertion opportunities also occur

approximately 16 hours after the rendezvous opportunity window has been opened.

After comgetion of the second rendezvguthe mothership dispenses itshird
SRS. The third rendezvoubvith GlobalStar satellite 25853U—orbital) orbital
parameters are summarized Table 3.17 and theDV requirementsys. on-station

arrival time are displayed in Figure 3.9
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Table 3.17Classical Orbital Elements &f-Third Rendezvous

25853U SRS-4
a (km)| 8334.18 8132.08
e 0.001027 0
i (deg)| 52.057 52.057
m (deg)| 81.121 81.121
w (deg)| 113.359 0
" (deg)| 346.4246 97.0742
25853
\

/

\
J L

01234567 8 9101112131415161718192021222324

= Delta V

Figure 3.9YV Requirements for Rendezvobstween Norfunctional GlobalStar
Satellite 25853U and SR&in 24 Hours
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Table 3.18Timeline for Third Rendezvous

DATE TIME ACTION
13 Feb 2011 08:29:26.400 SRS4 Release from Mothesship
13 Feb 2011 08:37:22.800Q Initial Location after the Plane Change for SRS
13 Feb 2011 16:46:58.800 Third Rendezvous Initial Location
13 Feb 2011 17:46:58.800 End of Third Rendezvous

Third rendezvous parameters and plot

Target Clohessy-Wiiltshire-Hill Frame
LN

‘ Figure 3.10 Rendezvous of SRS with GlobalStar 25853U

SRS with GlobalStarsatellite 25853U, rendezvous time is 1 hour and needed
rendezvous velocity is 0.0999 km/s. After comiplgtthe third rendezvouysthe
mothership will releasethe fourth SRSfrom the mether—shifis orbit. The fourth
rendezvous will bavith GlobalStar satite 25306U andhe orbit parametes for the
fourth rendezvoug25306U)areshown in Table 3.19
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Table 3.1%Classical Orbital Elements &f'FourthRendezvous

25306U SRS-2
a (km)| 8221.30 8132.08
e 0.000617 0
I (deg) 52.058 52.058
m (deg) 90.959 90.959
w (deg)| 72.992 0
‘ (deg)] 273.5079 345.102
25306
1.2
1
0.8 \
0.6 \ I
\ = Delta V
0.4
\ \ \/
0
01234567 8 9101112131415161718192021222324

Figure 3.11¥V Requirements for Rendezvoustiveen Norfunctional GlobalStar
Satellite 25306U and SR&in 24 Hours
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Table 3.20Timeline for Fourth Rendezvous

DATE

TIME ACTION

13 Feb 2011

18:00:00.000 SRS2 Release from Mothesship

13 Feb 2011

18:46:40.800 Initial Location after the Plane Change for SRS

14 Feb 2011

06:22:40.800 Fourth Rendezvous Initial Location

14 Feb 2011

07:22:40.800 End of Fourth Rendezvous

Fourth rendezvous parameters and-plot

Target Clohessy-Wiltshire-Hill Frame
N
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Figure 3.12 Rendezvous of SRS with GlobalStar 25306U

The optimalSRStime for rendezvousvith GlobalStarsatellite 25306, is 1 hour and
the required rendezvous velocity is 0.0418 km/s. After coniptetthe fourth

‘ rendezvous the mother-ship will releasethe fifth SRS for deploymentinto the
GlobalStar 25964U orbit. The fifth rendezvous will be GlobalSteeligat 25964U
and orbit and values for the fifth rendezv@25964U)aregiven in Table 3.21

‘ Table 3.2 Classical Orbital Elements &f'"Fifth Rendezvous

25964U SRS-5
a (km) 8167.01 8132.08
e 0.000651 0
i (deg) 52.043 52.043
m (deg) 66.043 66.043
w (deg)| 148.004 0
* (deg)| 43.4082 190.3018
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Figure 3.13YV Requirements for Rendezvobstween Norfunctional GlobalStar
Satellite 25964U and SR%in 24 Hours
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Table 3.2 Timeline for Fith Rendezvous

DATE TIME ACTION
14 Feb 2011 08:00:00.000 SRS5 Release from Mothe&sship
14 Feb 2011 08:57:36.000 Initial Location after the Plane Change for SRS
18 Feb 2011 18:57:36.000 Fifth Rendezvous Initial Location
18 Feb 2011 19:57:36.000 End of Fifth Rendezvous

Fifth rendezvous parameters and plot

Figure 3.14 Rendezvous of SRS with GlobalStar 25964U

Again, the optimal delay time f@RSrendezvousvith GlobalStar 25964, is 1 hour
andthe needed rendezvous velocihcrementis 0.0386 km/s.



